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NATIONAL ADVISORY COMMITTEE FOE AERONAUTICS 
RESEARCH MEMORANDUM 

EXPERIMENTAL PRESSURE DISTRIBUTION ON FUSELAGE 
NOSE AND PILOT CANOPY OF SUPERSONIC AIRPLANE 
AT MACH NUMBER 1.90 
By DeMarquis D. Wyatt 


SUMMARY 

An Investigation of the pressure distribution on the fuselage 
nose and. the pilot canopy of a supersonic airplane model has been 
conducted at a Mach number of 1.90 over a vide range of angles of 
attack and yav. The pressure distributions conformed to anticipated 
trends. Boundary-layer separation apparently occurred from the 
upper surface at angles of attack above 24° and from the lover sur- 
face at -15°. No separation from the sides of the fuselage was 
evident at yav angles up to 12°. 


, INTRODUCTION 

Theoretical methods are available for the calculation of pres- 
sure distributions on conical bodies and axially symmetric non- 
conical bodies in a supersonic stream, but no satisfactory methods 
are available for the treatment of arbitrary nonconical bodies 
vithout axial symmetry. In order to determine the pressure dis- 
tribution on a nonconical airplane fuselage vithout symmetry, 

a model vas experimentally investigated. Data vere obtained over 
a vide range of angles of attack and yav at a Mach number of 1.90 
in the NACA Cleveland 18- by 18-inch supersonic t unne l - 


APPARATUS AND PROCEDURE 

The test-section Mach number in the 18- by 18- inch supersonic 
tunnel in the region in vhich the model vas located vas 1.90 ± 0.02, 

• as determined by a calibration of the tunnel. Tunnel- inlet condi- 

tions vere maintained at a stagnation temperature of 150° ± 10° F 
and a dew-point temperature of -10° ± 10° F. The Reynolds number 
of the model, based on the model length, vas approximately 3.8 X 10 6 . 
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Photographs of the brass model of the fuselage nose and the 
pilot canopy of a supersonic airplane are presented in figure 1. 

A sketch of the model shoving principal dimensions and typical cross 
sections is presented in figure 2. The length of the model over 
which pressures were measured was 13.50 inches. Static-pressure 
orifices of 0.015-inch diameter were located along several longi- 
tudinal body lines of the model. The orifice locations are given 
in table I in terms of the ratio x/L and the angle 6 , where x 
is the distance from the tip of the model to the orifice, L is 
the length of % th'e model over which pressures were measured 
(13.50 inches), and 6 is the angle between the top of the model 
and the orifice, measured in a clockwise direction looking forward. 
Pressures were recorded from a multiple- tube manometer board using 
tetrabromoethane as a fluid and were read to the nearest 0.05 inch 
of fluid. 

The model was supported from the rear by a cylindrical body 
that was pinned to a strut passing through the bottom of the tunnel 
(fig. l(a) ) . The strut was split and could be adjusted from outside 
the tunnel to vary the angle of attack of the model during operation 
of the tunnel. The angle of attack of the model was determined from 
cathetometer measurements taken during operation. For variations 
in yaw angle, the model was rotated 90° in the mounting from the 
position shown in figure l(a). 

The investigation was conducted at 0° angle of yaw over an 
an gl e of attack range from -15° to 30°, and at 0°, 5 , and 10° 
angles of attack over an angle of yaw range from -15° to 15°. 

Adaptor mountings were Inserted between the model and the support 
body to give the 5° and 10° angles ojf attack for the investigation 
of yaw effects at angles of attack. The model was centered in the 
tunnel at 0° deflection for all phases of the investigation in 
which the yaw angle was varied and for runs at negative angles of 
attack and 0° yaw. In order to avoid tunnel -vail interferences, 
the model was lowered about 3 inches in the tunnel for positive 
angle of attack at 0° yaw angle. 


RESULTS AND DISCUSSION 

Data are presented in tables II to V in the form of pressure 
coefficient Cp at each orifice for each condition investigated. 
The pressure coefficient is defined by the equation 
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= P-Pp 


( 1 ) 
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where p Is the local surface pressure, p 0 is the free- stream 
static pressure, and qg is the free-stream dynamic pressure. 

The data presented in table II were obtained with the model at 

in the tunnel. Pressure coefficients meas- 
ack varied as much as 0.08 for corresponding 
orifices between the two runs. Check runs substantiated this dis- 
crepancy. The variable yaw angle tests were made with the model 
centered in the tunnel in the same vertical position as for the 
negative angle of attack tests, but the data for 0° angle of yaw 
(tables III to Y) show good agreement with the data obtained at 
positive angle of attack. Because of the agreement between the 
data for positive angles of attack and data for variable yaw 
angles, the data in table II for negative angle of attack are 
believed to be incorrect. 

Typical schlieren photographs of the model are presented in 
figure 3 for conditions of 0° yaw angle and several angles of 
attack. An apparent pronounced boundary-layer separation from the 
top (expansion) surface of the model was observed at angles of 
attack of 30° and 24° (figs. 3(a) and 3(b)). Inconsistent varia- 
tions in the pressure coefficients measured on the upper surface 
that were observed for these conditions are attributed to the 
apparent separation. 

The boundary layer did not appear to separate from the body 
at the lower angles of attack, although the layer was appreciably 
thickened about halfway between the tip and the pilot canopy at 
18° angle of attack (fig. 3(c)). Below an angle of attack of 18°, 
no thickening of the boundary layer was evident (figs. 3(d) to 
3(f)). The boundary-layer growth on the lower surface was moderate 
at -6° angle of attack (fig. 3(g)), but separation appeared to 
occur near the tip at -15° (fig. 3(h)). 

The apparent line of discontinuity in the separated region 
adjacent to the upper surface of the body at 24° angle of attack 
(fig. 3(b)) cannot be explained. This line was noticeable near 
the canopy at 21° angle of attack and persisted up to 27° angle 
of attack. The line was not transient, being visible on the 
schlieren screen during steady observation of the flow. 

The schlieren photographs in figure 4 are typical of those 
obtained for all runs at variable yaw angle. Operation Tip to yaw 
angles of 12° caused no appreciable thickening or observable 
separation of the boundary layer. 


two vertical positions 
ured at 0° angle of at 
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Pressure distributions along longitudinal planes on the model 
are plotted in figure 5 from the data in table II for a representa- 
tive range of angles of attack at 0° yav angle. Data for 0° angle 
of attack we^e 'taken from only the positive angle of attack run. 

The pressure coefficient trends conformed to the anticipated trends. 
Because of flow expansion along the nonconical body, the pressures 
decreased in a rearward direction. Pressures increased appreciably 
on the canopy as compared with the fuselage nose because of the 
shock originating from the canopy. The canopy had no influence on 
the pressures on the lower part of the body. 

Longitudinal pressure distributions are plotted in figures 6 
to 8 for a range of yaw angles at 0°, 5°, and 10° angles of attack, 
respectively. Because of body symmetry about the vertical plane 
through the center line of the body, it was expected that the values 
of pressure coefficient measured at the intersection of this plane 
with- the top and the bottom of ther body would be the same for both 
positive and negative yaw angles. The experimentally measured pres- 
sure coefficients were the same for positive and negative angles of 
yaw. Indicating uniform conditions in the tunnel air stream. 

Badial pressure distributions at two locations on the body are 
presented in figures 9 to 12. Data for these figures were obtained 
from the faired curves of figures 5. to 8. The pressure distribution 
at x/L = 0.148 (section A- A, fig. 2) was qualitatively typical of 
the pressure distribution at any point on the fuselage nose ahead of 
the canopy. The distribution at x/L = 0.898 (section E-E, fig. 2) 
was similarly typical of the flow over the rear section of the 
canopy. Because of the body symmetry about the vertical center line, 
curves are presented for only the negative angles of yaw in figures 10 
to 12; the curves of the data for positive angles of yaw are mirror 
images of the curves shown. 

Pressure distributions on the flat pilot canopy are indicated 
in figures 13 to 16 for representative test conditions. The rear- 
ward orifices were located on the right side of the canopy, but the 
appropriate data are transposed in these figures to indicate the 
pressures on the left canopy surface. A double set of values is 
given at one orifice location. The upper value was measured on the 
left and the lower value was measured on the right canopy surface. 


SUMMAET OF EESULTS 

The following results were obtained from an investigation of 
the pressure distribution on the fuselage nose and the pilot canopy 
of a supersonic airplane model at a Mach number of 1.90 and a 
Reynolds number of 3.8 X 10®: 
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1* Measured longitudinal pressure distribution trends conformed 
to anticipated trends* Pressures decreased in a rearward direction 
on the fuselage nose, corresponding to a flow expansion about the 
nonconical body. The compression shock originating from the c ano py 
increased pressures on the canopy as compared with the fuselage nose. 
The canopy had no influence on pressures on the lower surface of the 
fuselage. 

2. Apparent boundary-layer separation from the top surface of 
the body was observed at angles of attack above 24 ? and from, the 
bottom surface at -15° angle of attack. 


Flight Propulsion Besearch Laboratory, 

National Advisory Committee for Aeronautics, 
Cleveland, Ohio, September 7, 1948. 
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(*) Side View Showing method of support. 



7 . 6.48 

(b) Top view. 


Figure 1. - Photographs of model used' in investigation. 
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(a) Top view, half size. 



Figure 2. - Sketch of model shoving principal dimensions and typical cross sections 
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(o) Typioal cross sections, full si*e (fig # *.2(b)). 

Figure 2, - Concluded. Sketch of model showing principal dimensions and typical 

cross sections. 
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(b) Angle of attack^ 24°. 

Figure 3* - Schlieren photographs of model at 0° angle of yaw. 






1r 




ITl 

cv 

o 



fd) Angle of attack, 12°. 

Figure 3. - Continued. Schlieren photograph* of model at 0° angle of yav, 
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(e) Angle of attack, 6°. 


(f ) Anglo of attack, 0°. 

figure 3. - Continued. Schlleren photographs of 1*^1 at 0° 





angle of yav 
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(g) Angle of attack, -6°. 
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(h) Angle of attack, -15°. 

Figure 3. - Concluded. Schlieren photographs of model at 0° angle of yav. 
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(a) Angle of yav, 12°. 



(t>) Angle of yav, 6°. 



Co) Angle of yaw, 0°. 

Figure 4 . - Schlieren photographs of model at 0° of attack. 






Pressure coefficient 



(a) 0 - 0° longitudinal plane. 


Figure 5, - Pressure distributions along longitudinal planes at 
0° yaw angle for range of angles of attack* 
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Figure 5. - Concluded# Pressure distributions along longitudi n a l 
planes at 0° yaw angle for range of angles of attack# 
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Figure 6. - Continued. Pressure distributions along longitudinal 
planes at 0° angle of attaok for range of yaw angles* 
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Distance from tip, x/L 


(c) 0s 180° longitudinal plane* 


Figure 6* - Continued. Pressure distributions along longitudinal 
planes at 0° angle of attack for range of yaw angles* 
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Figure 6. - Continued. Pressure distributions along longitudinal 
planes at 0® angle of attack for range of jaw an glea. 
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Figure 7, - Pressure distributions along longitudinal planes at 
5° angle of attack for range of jaw angles* 
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Distance from tip, x/L 


(b) 9 ■ 45° longitudinal plane. 

Figure 7. — Continued. Pressure distributions along longitudinal 
planes at 5° angle of attack for range of yaw angles. 
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(c) 9 - 180° longitudinal plane. 


Figure 7. - Continued. Pressure distributions along longitudinal 
planes at 5° angle of attaok for range of yaw angles. 
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(d) B • 225° longitudinal plane. 


Figure 7. - Continued. Pressure distributions along longitudinal 
planes at 5° angle of attaok for range of yaw angles. 
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(•) 0 * 270° longitudinal piano. 

Figure 7. - Concluded. Pressure distributions along longitudinal 
planes at 5° angle of attack for range of yaw angles. 
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Figure 8. - Continued. Pressure distributions along longitudinal 
planes at 10° angle of attack for range of yaw angles. 
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Distance from tip, x/L 
(d) 9 = 225° longitudinal plana. 

Figure 8. - Continued. Pressure distributions along longitudinal 
planes at 10° angle of attack for range of ya* angle*. 



Pressure coefficient 


46 


NACA RM No. E8I07 




1025 


NACA RM No. E8107 








1025 


48 


NACA RM No. E8I07 



Figure 9. - Concluded. Radial preosure distributions at 0° yaw angle 
for various angles of attaolc. 
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(a) x/L = 0,148. 

Figure 10* - Radial pressure distributions at 0° angle of attack for 

three yaw angles. 
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(a) x/L * 0.148. 

Figure 11. — Radial pressure distributions at 5° angle of attack for 

three yaw angles. 
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(b) x/L = 0.898. 

Figure 11, - Concluded. Radial pressure distributions at 5° angle of 

attack for three yaw angles. 
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(b) x/L = 0.898. 



Figure 12. - Concluded. Radial pressure distributions at 10° v angle of 

attack for threfc yaw angles. 
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